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ABSTRACT

The unique advantages of fusion rocket propulsion systems for distant missions are
explored using the magnetic dipole configuration as an example. The dipole is found to
have features well suited to space applications. Parameters are presented for a system
producing a specific power of 1 kW/kg, capable of interplanetary flights to Mars in 90 days
and to Jupiter in a year, and of extra-solar-system flights to 1000 astronomical units (the
Tau mission) in 20 years. This is about 10 times better specific power performance than
nuclear electric fission systems. Possibilities to further increase the specific power toward
10 kW/kg are discussed, as is an approach to implementing the concept through proof-

testing on the moon.

I. INTRODUCTION

Nuclear fusion may offer unique advantages for space travel to the outer planets, far
beyond the capability of chemical rockets (1). As we shall see below, despite the leading
position of the tokamak in magnetic fusion research aimed at commercial electric power
production, the special requirements of space propulsion favor other magnetic
configurations less well studied in the laboratory. During the past 30 years, several non-
tokamak magnetic configurations have been analyzed and found to be attractive for space
applications; a brief survey and further references are given in Ref. 1. For the present
paper, we have chosen the magnetic dipole configuration supplemented by a simple
solenoid. This choice was motivated by the fact that the dipole had not previously been
examined in the context of space and by the belief that it could offer significant advantages
over other configurations. These potential advantages include the simplicity of the dipole
geometry and the efficient use of the vast natural vacuum of space. The fringe magnetic
field of the dipole should also provide partial biological shielding from solar-flare radiation.

For the nuclear fusion fuel cycle, we consider rockets powered by a mixture of deuterium



and helium-3 (D-3He), as did many previous studies of magnetic fusion for space
propulsion, for the reasons discussed in Section II.

The potential benefits of space propulsion by nuclear fusion will be briefly
motivated here by a simple analysis. A more detailed discussion will be presented in
Section I'V.

Roughly, to accelerate a mass My, to a speed v, in a time T requires a thrust power

Py given by

Py=GMyvd) /T (1)
from which we define the characteristic velocity v, by

ve = Qa2 | 2)
Here a = Py/M,, is the specific power, defined in relation to the mass My, of the
propulsion system. The corresponding flight distance L is roughly related to the flight time
by

T=Ko Live | (3)
where Ko is a constant of order unity. Combining Eqgs. (1)—(3) gives, with appropriate

units conversions,
» IL (astronomical units)]2/3
' [au(kW/kg)] /3

T (years) =0 4

Here we have chosen Ko = 3 to provide a reasonable fit to example orbit calculations in the

literature.

The payload delivered is the other key figure of merit besides the flight time in
assessing rocket performance. The payload mass (including rocket structure) can be related

to the initial rocket mass, including propellant, by the well-known “rocket equation”:

My _ U
My exp (Vex) ’ )



where u is the final rocket velocity. The rocket equation will serve to motivate the
usefulness of fusion rocket capabilities, and a modified version, more appropriate to the
optimized trajectories that fusion rockets would actually follow, will be discussed in
Section IV. Optimum payload management typically corresponds to v¢ = V2vey, with a
final velocity near the characteristic velocity (2). Thus, toreach 1 A.U. in 1 year with a 0.1
payload fraction at a specific power of 1 kW/kg requires an exhaust velocity on the order of
105 my/s, or a specific impulse of about 104 s. These parameters are consistent with a
dipole fusion rocket, but are beyond the capabilities of either nuclear fission thermal
systems, in which reactors heat the propellant directly (high specific power, but low
specific impulse), or nuclear fission electric systems, in which reactors supply electricity to
ion accelerators (high specific impulse, but low specific power).

Figure 1 plots Eq. 4 for various high specific impulse systems and illustrates the
potential of fusion propulsion. All values plotted in Fig. 1 correspond to vex < 106 ms-1,
well within the capability of [usion rockets. In a fusion rocket vex can be readily adjusted
up to vex ~ 107 ms~1 or a specific impulse of 100 s, corresponding to direct exhaust of the
hot fuel as propellant, and even faster speeds could be achieved by selective exhaust of
certain reaction products. However, as already noted, specific power rather than specific
impulse is the primary constraint.

Specific powers in the range of 1 kW/kg, already an order of magnitude better than
nuclear fission electric systems, appear quite feasible, and we shall discuss one such
system, the dipole. As one can see from the figure, at a few kW/kg specific power,
interplanetary trips would require only months, and the Tau mission (thousand
astronomical units) would require only 10-20 years.

The dipole reactor propulsion scheme is described in Section II, followed by

thruster design in Section III, mission capabilities in Section IV, and steps to implement the

concept in Section V.



I1. FUSION PROPULSION SCHEME

As already noted, though the tokamak is far ahead by virtue of superior
performance in the laboratory, space applications appear to favor other configurations such
as the dipole discussed here. The main reason is the need for simplicity and high specific
power, always advantageous but absolutely necessary for space propulsion. Because the
tokamak requires a strong toroidal field provided by massive coils interlinking the plasma,
it will likely be difficult for tokamak designs to meet the specific power requirements
outlined in Section I. Also, again because of the strong toroidal magnetic field, in the
tokamak as normally configured there is no path of escape for the hot propellant plasma (as
is required to produce thrust directly), and providing such an escape path would require a
magnetic divertor far more massive and complex than the usual tokamak divertor that only
serves to dump heat inside the machine.

Among the magnetic confinement systems that may in principle be better suited to
space propulsion are the open systems, in which magnetic lines leaving the open ends of
the machine provide a natural divertor. The best-studied open system is the tandem mirror.
A detailed study of the tandem mirror for space applications yielded a specific power
around 1 kW/kg, in the range of interest as discussed in Section I (1).

Here we have chosen as a different example the magnetic dipole configuration
which, though less well studied than tokamaks and tandem mirrors, appears to offer
advantages in terms of mass and simplicity. As in the tandem mirror study cited above,
here we also consider the D-3He nuclear fusion process. We choose this process over the
more conventional D-T fusion reaction because mainly charged particles are produced, the
only neutrons being those from secondary D-D reactions and tritium produced by these
reactions. Producing fewer neutrons requires less massive shielding and less massive
radiators to dispose of waste heat (the only way to do so in space). The predominantly
charged-particle energy output allows thrust to be produced directly by the plasma exhaust

without recourse to inefficient conversion of heat to electricity to drive ion engines. Also, it



is known that, through eons of solar-wind deposition, 3He is abundantly available on the
moon (3).

The dipole, being somewhat simpler than the tokamak or the tandem mirror, is
expected to be less massive than either of these devices at the same power, and therefore
the dipole may produce greater specific power. The overall configuration is shown in
Fig. 2. Coil C (the dipole) carries a large current, of order 50 MA, and provides the strong
field that confines the D-3He plasma in an annulus about the coil, as shown in Fig. 3. Coils
A, A’, and B (the stabilizer) provide a weaker field that levitates the dipole against gravity
or acceleration, at a stable position between the coils. The stabilizer also serves as the
“divertor,” whereby the closed magnetic lines of the dipole open up beyond the so-called
separatrix flux surface containing an X-point (field null). Heat diffusing onto the open lines
provides the power to create thrust in the form of a magnetically accelerated ion beam that is
converted to neutral atoms as it exits the rocket. This means of converting the energy of the
magnetically confined plasma to a directed neutral beam is similar in principle to the neutral
beam injectors now being used to heat tokamaks. The arrangement to accomplish this,
sketched in Fig. 4, will be discussed in Section I1I.

II.A. Dipole Properties

Because of the limited experimental and computational database for the dipole
configuration, we must rely in part on simplified theoretical models. We have chosen to
concentrate on assessing the feasibility of novel features of the concept and necessarily
leave unresolved such important issues as anomalous plasma transport and plasma-wall
interactions at the surface of the internal ring that require extensive experimental evaluation.

The dipole configuration has recently received renewed attention, as a candidate
D-3He reactor (4). As noted in the references, according to theory, supported by planetary
and space observations, the dipole exhibits remarkable magnetohydrodynamic (MHD)
stability up to local values of the pressure parameter [3 exceeding unity (3). High beta is

especially advantageous for D-3He operation.



An important MHD design constraint concerns the well-known interchange
instability whereby two tubes of equal magnetic flux but different volumes can exchange
places if the kinetic energy of plasma confined by the outer flux tube is sufficiently much
less than that on the inner tube. This situation does not occur if the plasma pressure
decreases with radius no faster than V-5/3 where V ~ r/B(r) is the volume of a flux tube at
radius r (measured in the plane of the dipole ring). This is just the condition that the
combined effect of adiabatic expansion of the plasma moving outward to occupy a larger
volume and compression of that moving inward to a smaller volume produces a net
increase in kinetic energy. For our dipole reactor, for which B ~ r -3 at large distances, the
marginally stable profile p ~ V-5/3 corresponds to weakly decreasing B ~ r =2/3 in the plane
of the ring. These results apply to isotropic pressure (Y = 5/3). In our case, the rarity of
collisions on outer field lines may introduce anisotropy since too few collisions serves to
deplete the density of mirror-trapped particles needed to fill out the isotropic velocity
distribution at the outermost point on a field line where the field strength is weakest.
However, since the missing trapped particles are destabilizing, we are surely safe in
calculating the marginally stable pressure profile for isotropic pressure. This is shown in
Fig. 5, which plots the marginally stable profiles of {3, the pressure (assumed isotropic),
and the corresponding density and temperature profiles.

Since a gradient steeper than the marginal profile would produce strong turbulent
transport, we would expect the plasma to relax to the marginal profile, and we will make
this assumption hereafter. The important point for our design is that these marginally stable
profiles require a finite density and pressure at the outer edge of the plasma. However, as
we shall see, this requirement can generally be met by the propellant exhaust itself, which
1s not confined but is maintained by a steady throughput of propellant material heated by
radial heat transport from the core. We shall return to this point in Section IIL.

Heretofore the necessity for an internal ring in the dipole configuration has been

considered a major drawback, not because of the need to levitate it (which has been done)



but because of the impossibility of providing external cooling and electrical power to the
ring during plasma operation. Here we shall adopt a radical view first suggested by John
Dawson in the early 1980s (6). Namely, we shall consider a conceptual design in which
heat input to the ring is balanced by radiative cooling from its surface, and the heat input
itself provides, through one of several conversion options, ample internal electric power to
refrigerate a shielded superconducting coil embedded in the ring. The only remaining need
for direct access to the ring, for maintenance and recharging the coolant, should be
sufficiently infrequent to be compatible with space flight. The ring design is discussed in
Section II.C.

It is, of course, important to minimize heat transport to the ring surface. Since the
deuterons in the D-3He fuel produce some neutrons, one must also pay attention to neutron
heating and damage to the ring. In Section II.C, we shall conclude that, with modemn
insulating materials and a high-temperature-emitting surface, it should be possible to design
a ring of minor radius a ~ 2m producing a magnetic field as high as 5T at the surface of the
ring and capable of radiating heat at the rate of about 1 MW/m? (tungsten at 2700 K).

The limitation on ring surface radiation in turn limits the fusion power density.
Suppose the useful confinement volume is an annulus of thickness ap as shown in Fig. 3,
where ap is the pressure gradient length for the profiles in Fig. 5. Then, with a limit of
1 MW/m? surface radiation, the fusion power density py,s averaged over the confinement
volume could be (2 MW/mz)ap‘1 if half of the power is transported to the ring, or

(5 MW/m2)ap‘1 if only 20% is transported inward, and so on:

B 100% 1 MW 1 6
Pfus = (% transported to ring) x ( m? ap) ©

averaged over the annular volume

V=2nR: 2na-ap . @)



Here R and a are the major and minor radii of the dipole coil and approximately, ap~a .

Equation (6) is compatible with local <1 at B =5T.

Heat transport to the ring occurs by bremsstrahlung radiation, synchrotron
radiation, neutrons, and direct plasma thermal transport.

The largest source of ring heating is bremsstrahlung, which occurs at a rate given

by (D
PR =5% 1037 VTene? [(Zesr (1 + 1.55 x 1073 T + 7.15 x 10-6 Tc2)

+0.071 (EZ nifne) Te 12 +0.00414 T ;nv% : 8)

where T, is in keV and # is in m-3, Equation (8) includes e-e bremsstrahlung and

relativistic corrections.

Neutron production, partly by D-D and partly by D-T reactions with tritium
produced by D-D, is:

Py = % nlz)GVDD - nX2.45MeV + npnToVpr x 14.1 MeV ©)

where the tritium density aT 1S given by

"213 oVpp » TTT (1 + npoVpr )1 . (10)

|

nrT =

Necessarily the tritium confinement time T, comparable to that of 3He, must exceed the

energy confinement time Tg if ignition is to be maintained. We shall assume T is roughly

3 1g. Specifically, we take
31
Ne + np + nHe 2

T =3
E nDNHe

(11)
SVDHeEDHe

Neutron heating, though smaller than bremsstrahlung, is especially important because
neutrons penetrating to the core of the ring heat the superconductor.
We shall neglect synchrotron radiation to the ring. Synchrotron radiation should be

weak at high beta, and in any case, with a resistivity about 10 times copper, the tungsten



surface of the ring is a fairly good reflector of synchrotron radiation. The calculation of
synchrotron radiation, discussed at length in Ref. 6, is complicated because of internal
absorption in the plasma and varying emission rates at different beta values within the
plasma. We estimate a net rate at a few percent of the single-particle emission at full field. If
the actual rate is higher, a properly shaped reflector, as shown in Fig. 2, should greatly
enhance plasma self-absorption and reduce the net emisston to acceptable levels.

Concerning direct plasma transport, we shall assume that inward heat diffusion, in
the direction of a steeply increasing magnetic field, is given by the ion classical heat
conduction, ;. The 7, for transport outward is likely to be anomalous but is not well
known for dipoles at the high temperatures of interest. Here we shall simply derive what
the value of ’y, must be for ignition and compare the required value with various
conjectures. Our parameters allow ¥ >> ¥;, but nonetheless heat confinement must be
quite good to achieve D-3He ignition in a device of reasonable size.

If indeed ¥, >> ;i , there would be much less transport toward the ring. Also, the
peak in temperature (and density) occurs near the ring where the magnetic field is
maximum. To model this effect, we consider a slab of thickness apwith T =0 at the edges.
Let T peak at a distance x from one edge (toward the ring). Since fusion energy is produced

on both sides of the peak at about the same power density, in steady-state the energy
confinement time must be about the same in the interval x, where 7 = %;, and the interval

ap — x, where ¥ = Xo,

2 — 2
xc _(ap-n0° , (12)
Xi Xo
which yields for small x,
\1/2
x=(2)" g, (13)
Xo ,

10



The fraction of power transported directly to the ring, being that produced in the interval x,
is x/ap and, since x<<ap, the magnetic field at the peak of temperature is approximately that
at the surface of the ring. Only that portion of the fusion power in charged particles not
radiated is transported. Thus

Pbircct = (Pfus = PR =Pn) - (14)
where Py is the total fusion power

Pfys = PpHe + PDD + PDT , (15)
including both charged particle and neutron power, averaged over the volume. We find
x/ap= 0.1.

Results normalized to the total fusion power Py are plotted in Figures 6-8, as a
function of the ratio of fuel densities ny¢/np at various plasma temperatures. Here

P pvailable for thrust = Pfus — PB — Pn — PDirect > (16)
and

1
PLoss 10 ring = 3 (PB + Pn) + PDirect - (17)

In Eq. (17), since the density and temperature peak near the ring surface, we assume that
half of the radiation and neutrons impinge upon the ring.

These figures show that the fraction of the fusion power heating the ring decreases
and the fraction available for thrust increases as the plasma temperature increases, within
the range shown. At the higher temperature yielding the highest available thrust power, the
optimum fuel mix to minimize ring heating is around nge = 0.6 np. However, the neutron
heating of the core is reduced with greater enrichment of 3He.

II.B. Parameters

Example parameters for the simple models discussed above are given in Table I for

a rocket producing about 1250 to 1500 MW available to produce thrust, that is, power

flowing into the exhaust channel. The two cases shown are for two values of the current
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density. Neither case is fully optimized. For both cases we have chosen T¢ =T; = 70 keV
(plotted in Fig. 8) and nye = np.

Among machine parameters, note that the magnetic field requirement is within
present projections for large superconducting magnets employed in fusion research.

Concerning heat transfer properties, the quoted surtface temperature of the ring
corresponds to about 1 MW/m? radiation from tungsten at a surface temperature of 2700 K
emitting to free space. The radiation rate would be roughly the same even if a synchrotron
reflector were necessary, as shown in Fig. 2. Since the reflector area would be some 10
times larger than the ring surface area, its temperature would be lower (around 1500 K),
and the radiation rate from the ring to the reflector (o< Tfl ng ~ Treflecto ) would be 90% of
that with no reflector. The emissivity is taken to be 0.3 in these calculations.

The power calculation in Table I approximately takes into account the
nonuniformity in density and temperature with the conservative assumption that the
pressure assumes the MHD-marginally stable profile p o< B2/r (near the ring). Both the
power calculation and the magnetic field calculations assumed cylindrical geometry and,
therefore, toroidal effects that distort flux surfaces are neglected. An optimized design
would allow a coil with noncircular minor cross section to match the ring surface and flux
surface, and possibly a larger aspect ratio R/a. These refinements may increase the total
volume and power but are not likely to greatly change the specific power.

Except for the power calculation, all quantities are calculated at the position near the
ring where the temperature is maximum. The plasma transport coefficients are given by
Xi = rLi2Vii» with rpj and vj; being the ion Larmor radius and collision frequency, and
Xo = (apz/"cE), with Tg chosen to achieve ignition. Note that the required ¥, corresponding
to Tg ~ 3s, 1s in the range of measured local anomalous transport coefficients in existing
large tokamaks with ion temperatures of 10 keV or so. Whether such values will persist at
70 keV is not known, even in tokamaks. Moreover, some theoretical conjectures such as

“gyro-Bohm” scaling ( o T3/2/B2) suggest that anomalous transport is worse by an order
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of magnitude at the higher temperatures required for D-3He. On the other hand, the dipole
may have points in its favor compared to tokamaks. First, since in a tokamak the physical
wall is nearer than that in a dipole, the gradient length ap for the dipole should be somewhat
larger than that for a tokamak of comparable major radius R. Secondly, the dipole might
turn out to be less subject to the low-frequency turbulence causing anomalous transport in
tokamaks (5). Only more experiments, or perhaps the large gyrokinetic transport codes
now under development, can answer these questions.

Finally we note that the actual performance as measured by specific power is
sensitive to the choice of shielding material and the conductor design. The results quoted in
Table I assume a 1.35-m-thick shield as discussed in the next section. The conductor mass
is significant, so that doubling the current density in Case B substantially reduces the ring
mass and increases the specific power. Thruster parameters listed in the table are discussed
in Section III.

I1.C. Magnet and Shield Design

The key problems in designing the dipole magnet and shield shown in Fig. 2 are

» High-field solenoidal magnet design.

» Magnet shielding.

» Magnet and shield cooling.

+ Plasma-surface interactions.

The magnet design assumes a current density up to 50 MA/m?2 at a field at the
conductor up to 20T, based on extrapolating from recent high-field, conceptual fusion
reactor magnet designs (8). In order to estimate magnet mass, we have chosen Nb3Sn
superconductor, CuNb stabilizer, and carbon-fiber-reinforced steel structure. Because the
magnets must operate in microgravity, they are assumed to be cooled by forced flow of
supercritical helium (4He at 4.2 K and pressure greater than 0.23 MPa). The future
availability of a high-T, superconductor of sufficiently high current density at the relevant

magnetic fields would greatly facilitate the design by removing the need for inefficient
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refrigeration at liquid helium temperatures and allow a greatly reduced shield thickness. To
avoid cutting magnetic flux lines by solid surfaces, the necessary refrigerators are placed
within the radiation shield surrounding the magnet (6). The refrigerators will be powered
by electricity generated within the shield by thermoelectric converters, thermionic
converters, or liquid metal heat engines. Figure 9 schematically illustrates the basic
concepts involved.

Three interrelated and competing effects are involved in designing the magnet and
shield: (1) The shield thickness must protect the magnet from neutron damage and must
minimize the neutron heat load on the magnet, (2) the shield must provide sufficient room
for the converters and refrigerators, and (3) the shield thickness should be minimized to
increase the available fusion power. For this initial analysis, we have not performed a
detailed optimization of the design but have attempted to show the feasibility of the basic
concepts.

The radial build for the magnet shield is shown in Fig. 10, for Case B, Table I,
neglecting details of the generators and refrigerators. The shield axis is shifted outward by
about 0.1 m from the magnet axis to account for the difference in neutron wall loading of
about a factor of 5 between the inner and outer sides of the shield. The thin tungsten layer
on the first wall is capable of radiating ~1 MW/m? at 2700 K. This layer receives ~0.9
MW/m? of surface heat from particle transport and bremsstrahlung. Tungsten reflects
synchrotron radiation well, but it is very dense, so a 0.3-m-thick shield of carbon/carbon-
fiber (C/C) composite lies beneath the tungsten. The C/C composite shield attenuates 90%
of the incoming neutron flux. It is followed by 5 cm of insulation, through which 0.1% of
the total surface heat flows to the next shield layer. Because the C/C shield is thermally
insulated, only a small (~3 K) temperature difference exists across it, and the neutron heat
1s conducted to the tungsten layer on the surface. The temperature of the C/C shield and
tungsten layer rise to ~2740 K, so that the total radiated surface heat is ~0.97 MW/m?2,

Borated water with 5% steel structure has been chosen for the remaining radiation shield,
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with thin layers (25 mm each) of B4C and Pb near the magnet to attenuate heating by a
further 20%, based on studies of shielding for terrestrial D-3He reactors (9,10). The B-
H»>O shield attenuates the neutron wall load by a factor of 10 for each .24 m of thickness,
so the 0.9 m (average) shield thickness reduces the total heat load on this region by a factor
of about 5600. The net effect of this shield design is that the magnet, including the coil
case, receives ~467 W of power, which must be pumped eventually from a temperature of
4.2 K to the surface temperature of ~2700 K. The B-H2O shield is split into two sections: a
0.24-m section that absorbs about 2.95 MW of neutron power and operates at ~900 K, and
a 0.66-m section that absorbs about 0.33 MW of neutron power and operates at ~300 K.
The Pb/B4C final shield absorbs 117 W at 300 K. The total heat that must be pumped from
a given shield layer includes heat pumped from lower layers and heat dissipated by the
inefficiencies of real generators and heat pumps. The total mass of the present design is
~1180 Mg (tonnes), although the inclusion of generators and refrigerators will increase this
total somewhat. Further iteration of parameters would be necessary to optimize the design.
The options investigated here for generating power in situ are thermoelectric
converters, thermionic converters, liquid metal heat engines, and synchrotron radiation
conversion by rectennas (rectifying antennas). We have not attempted to address the
question of the operation of these devices in the strong magnetic fields of the dipole
configuration. For conceptual thermoelectric converters, characteristic values are
0.43 MWe/m3 and efficiency (n) of 34% at 1000 K (11). Characteristic values for
conceptual thermionic converters are 1.3 MWe/m3 and N = 25% at 2000 K (12). For a
liquid metal heat engine using MHD conversion, these values are extrapolated to be
2.5 MWe/m3 and n = 20% at 1000 K (13). Also, an interesting possibility exists for
directly converting the synchrotron radiation power generated by the plasma to electricity
using rectennas (14). Waveguides could carry some of the incident synchrotron radiation
into high surface-to-volume ratio chambers, whose walls would be lined with rectennas

tuned to appropriate frequencies. Estimates of the potential efficiency in the context of
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tokamak reactors were as high as 80% (14), and the volume required would be low. Thus,
the four options discussed give us considerable confidence that the required power for
magnet refrigeration and heat pumping of 10-20 MWe can be provided in the available
space.

The heat flows and source terms for Case B, Table I, are shown in Fig. 9. We will
analyze the heat pumps in terms of ideal systems and show that sufficient engineering
design margin exists. The amount of work W required for an ideal heat pump to move a

quantity of heat Q. from a “cold” temperature T¢ to a “hot’” temperature T}, 1S

W=0c (P e (18)

From 4.2 K to 300 K, 467 W must be pumped, so the work required of an ideal heat pump
is 33 kW. Likewise, 0.37 MW (0.33 MW neutrons, 0.03 MW work, 0.01 MW heat
pumped) must be pumped from 300 K to 900 K, with a required ideal work of ~0.74 MW;
and ~4 MW must be pumped from 900 K to 2700 K, requiring ~8 MW. The total surface
heat is ~400 MW and, if the energy conversion options discussed earlier lead to even 10%
net conversion efficiency, 40 MWe—a factor of 4 margin—would be available to drive the
heat pumps. For real refrigerators at low temperatures, data has been compiled by
Strobridge (15). Refrigerators operating between ~4 K and 300 K, which could achieve
20% of the Camnot efficiency in volumes less than 10 m3 at 500-W cooling capacity, are
well within reasonable extrapolations of existing technology. At high temperatures (300
2700 K), typical thermal efficiencies of 30-40% can be assumed.

An estimate of the necessary volumes can be obtained by examining the ideal gas
cycle. Assume helium (4He) is the working gas. Then PV3/3 = constant and PV = NkgT,
where the definitions are standard. We take a conservative value of 100 MPa for the

pressure that the walls of the heat pump can take at high temperature. We assume a 10-Hz

cycle rate for the piston, which can be driven efficiently by I x B forces in the strong

16



dipole magnetic field. For example, one possible refrigerator configuration would be to
place a chamber with volume V1 in the shield at temperature 7 and a chamber with volume
V7 in the shield at temperature T2, Then for Ty =3 T2, V| = V2/5.2 and P1 = 15.6 P3. For
T1=2700K and 6T = 50 K, a pressure of 100 MPa corresponds to a number density of
2.6 x 1027m-3. The energy density contained in 87 is then 2.7 MJ/m3 in the 2700 K shield
and 0.52 MJ/m3 in the 900 K shield. The heat pumped at 10 Hz is 5.2 MW/m3 in the

900 K shield for this ideal refrigerator. A similar analysis applies to the 900 K/300 K case.
Thus, even including non ideal effects, there should be sufficient volume available for the
necessary refrigerators.

Therefore, although much detailed design and analysis remains for the magnet,
shield, energy converters, and heat pumps, plausible solutions have been identified for
each system.

An important problem area not yet considered is plasma surface interactions,
especially sputtering of the ring surface by plasma directly transported to the ring.

Another area not covered here is plasma fueling and removal of helium and

hydrogen ash.
II.D. Potential Improvements

One way to improve the specific power would be to employ a surface material of
higher emissivity to obtain a higher fusion power density, prys, given by Eq. (6). For
example, materials such as carbon with 3 times the emissivity of tungsten (at the same
temperature) would permit a surface radiation of 3 MW/m- and a corresponding increase in
Prus- A small increase in field or higher beta could accommodate this increase in power
density. The drawback is the poor conductivity of these high-emissivity materials, leading
to poor reflection of synchrotron radiation. Or, at a higher value of beta, detailed
calculations may show that synchrotron radiation is tolerable.

Another possibility is a reduction in shielding, which contributes the bulk of the

ring mass in Table I. As has already been mentioned in Section II.C, high-temperature
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superconductors could significantly reduce shielding requirements. Another possibility is
other fuel cycles such as p-OLi, discussed in Ref. 6, which produce fewer neutrons than
D-3He. While other fuels tend to require still higher temperatures, and barely compete with
bremsstrahlung losses, a more careful study is warranted. Dawson points out that p-6Li
produces an energetic 3He that reacts with 6Li to produce an energetic proton that in turn
reacts with 6Li to increase the yield. Any means of reducing the shielding has the secondary
benefit that the conductor can be placed nearer to the plasma so that the field at the
conductor could be less. A lower field at the conductor reduces the requirement for
structure, effectively increasing the average current density and reducing the mass. Reliance
on low-density, strong fiber composites as structural material would further reduce the

mass and increase the specific power.

III. THRUSTER DESIGN
III.A. Matching Conditions

An important issue of thruster design turns out to be the matching of the propellant
throughput to the fusion power output at the X-point in Fig. 4.

There are two matching conditions. The first is given by,

1. 1

where n and M; are the density and mass of propellant ions (hydrogen), d is the width of
the exhaust channel (see Fig. 4), x denotes quantities at the X-point location, and again vy
1s the desired propellant exhaust speed.

To understand the second matching condition, we must return to the requirements
for MHD stability in dipoles. As noted in Section II. A, stability requires that the pressure
fall off no faster than the rate given by the marginal beta profile plotted in Fig. 5
(B = pressure/(B2/2110)]. Since pressure ~ 2nT, this in turn prescribes a minimum density n

at each radius, depending on the temperature there. A typical marginally stable density
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profile is plotted in Fig. 5 for an assumed temperature profile and the correct marginal beta
profile. The actual temperature profile would be determined by outward heat transport with

coefficient ¢, matched to a boundary condition at the X-point given by
T= Tx = 1/2 Mchxz. (20)
This assumes thermal equilibration between fuel ions and propellant. Then the system is

MHD stable out to the X-point, if the edge density nx maintained by propellant throughput

exceeds the marginally stable value, namely,

B2 1
hx 2 [Bmarg 2110 ﬁ) , 21
X

where ny is the solution of Eq. (19) and Prmarg at x is given by the beta curve in Fig. 5. The
exact criterion requires properly averaging ny over the flux surface.

Simultaneous solution of Egs. (19)—(21) gives a condition on the exhaust speed

Vexo

vaw = 2P 1
ex =
(Bz/ZHO)x (2anBmarg)x

(22)

This equation determines the size and field strength of the stabilizer coils, A and A’, in
Fig. 2. To locate the X-point at a particular radius Rx, one chooses stabilizer coils of
somewhat larger radius Rg_producing a field equal to the dipole field at R given by the
magnetic field curve in Fig. 5. Cancellation of the two equal fields creates the X-point.

In principle, the designer would simply choose a convenient radius Ry that, by
Eq. (22), allows a value of vex ~ v¢ (characteristic rocket speed) suitable for the most
distant mission contemplated, consistent with Eqs. (1)—«5) discussed in Section 1.
However, a significant constraint is posed by the channel width d determined by a
competition of fuel particle diffusion across the field and fuel particle escape along magnetic

lines that open to the ends beyond the X-point. For a diffusion coefficient D,
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1/2
d=(4-f—X-D) , (23)

(4

where we take Ry as the approximate escape path length. Now, MHD stability does not
necessarily prevail on the open lines in the exhaust channel. and indeed plasma in the
exhaust channel (scrape-off layer) of tokamaks appears to diffuse at the Bohm rate,

Dp = 1/16 (T/eB), characteristic of unstable systems. Taking D = Dg (with T and B at x)
gives, by combining Egs. (22) and (23),

PBrare 2
Vex < 0.1 ﬁﬁf— : 24)

Taking parameters in Table I (P = 1.2-1.5 x 109 W) and a convenient size Ry =
15m (corresponding to By = 0.5T), Eq. (24) gives vex > 105 ms~! at Rx ~ 15m, consistent
with interplanetary missions. With this model, more distant missions might require a
specific design to stabilize the exhaust channel in order to reduce d [for example, an exit
field shaped like the gas-dynamic trap (16)]. Classical diffusion rates rather than the Bohm
rate give very small channel widths, d, whereby Eq. (22) is not very restrictive even for the
Tau mission (1000 astronomical units). Also, the limitations discussed here are less
restrictive for a larger machine at higher power, since vex =< P by Eq. (22). However, by
Fig. 1 there remains the ultimate limit on flight distance L versus flight time T imposed by
the achievable specific power, a.

Note that the fringe field of the dipole is sufficient to deflect MeV protons at
distances 5-10 R. Thus the magnetic field provides some degree of biological shielding
from radiation from solar flares in the near neighborhood of the propulsion system. This
potential benefit must be traded against placing occupants far away from the thruster to
reduce the mass of biological shielding from neutrons.

ITI.B.  Focusing Field
Given By prescribed by the matching condition, levitation is accomplished by a

combination of a uniform field created by coils A and A” and a reverse current in coil B to
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provide both the vertical By and a radial focusing component By. For the interplanetary
mission discussed above, the acceleration is only a@ ~ v¢x/T ~ 10-3g, and the acceleration is
even less for more distant missions. To levitate we require

2nRIBr = Ma , (25)
where B; ~ (8, /Rx)Bx for convenient coil currents, and J, is the displacement about the
midplane position. For our parameters (/ = 50 MA, By =0.5T, and M = 1180 to 1720
Mg), the maximum vertical displacement under acceleration would be 8,/Rx < 104 and the
lateral focusing is similarly good.

III.C. Propellant Injector and Neutralizer

Since all magnetic lines close eventually, to generate thrust directly it is necessary
somehow to detach propellant ions from magnetic lines. For parameters of interest here,
ion orbits are small even in the fringe field of the stabilizer coils, and therefore ions would
follow field lines. To detach them, we propose to install an annular neutralizer of controlled
density ng as shown in Fig. 4. It is well known from the design and construction of
neutral-beam injectors that neutralization of hydrogen ions can be accomplished efficiently
up to about 50 keV, corresponding to a specific power of 3 x 105 s (17). This would
provide a sufficient specific impulse for the Tau mission. The condition, ng 6xLN > 1, is
easily met for a neutralizer length Ly~1m over a range of beam energies.

The arrangement, shown in Fig. 4, is similar to a hollow-anode arc, except that
here the power is supplied by diffusion of heat from the burning plasma core. The gas is
introduced into a propellant injector consisting of a hollow, annular gas box that intercepts
the magnetic lines that form the exhaust channel adjacent to the separatrix flux surface. The
annular ring is closed above (i.e., toward the ring; see Fig. 2) to prevent the escape of un-
ionized gas and open below so that ions can escape. Electrons heated by energetic particles
diffusing onto the open lines of the exhaust channel flow to the gas box, where they ionize
and heat the gas. The strong magnetic gradient from the gas box near the dipole (~5T) to

the exit point (B ~ By ~ 0.5T for the example above) converts ion energy to mostly directed
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velocity vex  parallel to field lines, and the gradient in density as the flow accelerates from
an average speed 1/4 veyx to vex ; ~ Vex Creates an ambipolar potential e = T In [(vex,,/1/4
vey)] that further accelerates the ions by converting electron thermal energy to directed ion
motion. In this way, most of the power available for thrust is in fact converted to directed
ion velocity, and since charge exchange does not impart momentum, this directed ion
velocity in turn becomes directed velocity of the energetic neutral atoms that create thrust as
they exit the neutralizer.

Two features not shown in the figure require more detailed design. Their purpose is
to recirculate the cold ions produced by charge exchange back into the neutralizer for reuse
as a supply of neutral gas. This can be accomplished by a weak trim coil that diverts the
exiting magnetic field lines out of the path of the exiting propellant, together with a
re-entrant éhannel to return gas back into the neutralizer. Cold ions created by charge
exchange, thus diverted, would follow field lines into the return channel and be neutralized
where field lines encounter the metal walls of the channel. By proper design, the holes
through which gas could escape would be small, with width of order d as shown in the
figure. Consequently, the necessary neutralizer density ng can be maintained with much

less mass flow than is required for the propellant. The condition is

ming2 TR xdLn/to<< M = Mg/t (26)

where we must take ngo,Ln=>1 and the neutral lifetime is tg =~ Ln2/dug < 103ms-1 for the
cold neutralizer gas. For parameters of interest, this is satisfied merely if d/Ln<<]1.
ITI.D. Specific Power and Specific Impulse

Based on the calculated power and payload mass in Table I, the available specific
power is about 1 kW/kg. However, the net specific power depends on the overall
efficiency of converting the power available as heat into neutral beam power exiting the

rocket. The efficiency generally increases with channel temperature and hence also
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efficiency increases with the specific impulse, defined as /. = vex /g where g is the
gravitational acceleration of the surface of the Earth (higher temperature gives a higher
exhaust speed vex). On the other hand, specific missions may favor lower /gp as discussed
in the next section. The values quoted in Table I reflect these uncertainties, the lower value
of specific power corresponding to an overall 50% conversion efficiency. The main
sources of inefficiency are the ionization energy (typically 100 eV per pair), which
dominates at low temperature (/sp = 10%s, 100 eV); and the neutralizer efficiency, which for
hydrogen exceeds 90% at 100 eV but drops to 50% at 50 keV (Isp =3 X 105s) (Ref. 17,
Fig. 3). Other smaller inefficiencies, due to backflow into the gas box or residual electron
thermal energy at the neutralizer, can be improved by optimizing the location of the
propellant injector along the magnetic gradient between the dipole ring and the neutralizer
location.

We note that, for specific impulses around 107s (10 ke V) where the neutral beam
approach is most efficient, the overall efficiency should be much greater than schemes
employing conversion of heat to electricity (e.g., fission) because of the much greater
efficiency of generating thrust power directly in our scheme (more than 60% as shown in
Fig. 7). Until the neutralizer efficiency drops off (above 50 keV), our direct heating power
and the electric power of other schemes are converted to thrust with comparable efficiency.
In either case, the greatest inefficiency is the ionization energy, whether electrons are heated
by our scheme or accelerated electrostatically as in an ion source. The ion acceleration
efficiencies, by our magnetic acceleration scheme or by electrostatic acceleration in ion

propulsion engines, are comparable.

IV. MISSION CAPABILITIES

Four main mission classes exist: surface-to-orbit, inner solar system, outer solar
system, and extra-solar. The propulsion system requirements for each class differ greatly,

but the different regimes can be usefully characterized by three parameters: specific power
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a introduced in Section I (& = thrust power/propulsion system mass), the specific impulse
({/sp = average exhaust velocity normalized by Earth’s surface gravity g), and the thrust-to-
weight ratio (T/W = acceleration). The terminology developed for historic reasons but
remains in common use.

This section will show that the D-3He dipole reactor discussed in this paper
provides extensive capabilities within the solar system, its outer boundaries, and beyond.
The specific power, specific impulse, and thrust-to-weight ratios available allow efficient
propulsion to the inner planets and also enable active development of the outer solar
system. The thrust-to-weight ratios are not sufficient, however, for launching such
systems from Earth to orbit, which remains the domain of chemical rockets. For
extra-solar missions, the thousand astronomical unit (Tau) mission appears feasible with a
20-year one-way trip time—a very attractive value.

The importance of the specific power, as discussed in Section 1, is that the
maximum energy per unit mass which can be given to the propellant during mission time T
1s aet. Missions can be profitably analyzed in terms of a related parameter, the
characteristic velocity (vo = Y 20e1) given in Eq. (3). For missions with negligible
propellant mass and perfectly tuned exhaust velocity, the characteristic velocity corresponds
to the maximum energy imparted to the rocket (18). Maximizing the specific power is
always advantageous.

The importance of the specific impulse arises in minimizing the energy expended in
adding momentum to the rocket. In a stationary frame of reference, this energy is
minimized by leaving the exhausted propellant with zero momentum, so that the rocket
velocity v = vex = Igpg. As discussed in Section 111, a D-3He dipole fusion propulsion
system provides a wide range of specific impulses. The ability to tune the exhaust velocity
over at least a factor of 10 is critical to many missions. In this class of missions, payloads

are typically a small fraction of the initial rocket mass, and the energy needed for the trip is

24



much larger than the minimum energy trajectory allows. For example, a 3-month trajectory
to Mars is in this class.

The thrust-to-weight ratio, defined in terms of the weight of the given mass at
Earth’s surface, simply gives the rocket acceleration normalized to the Earth’s surface
gravitational acceleration, g. For constant power, high vex means low thrust-to-weight, but
there are situations, such as spiralling out of orbit, where higher thrust levels are desirable.
Conversely, higher thrust is generated at low vex (low exhaust temperature). When
needed, the fusion dipole reactor could produce higher thrust-to-weight ratdos by merely
thermally heating the propellant by flowing it through a double-walled reflector, similar to

that shown in Fig. 2. Most of the heat produced by the plasma would then be converted to

the momentum of the hot propellant gas, with the specific impulse (e< vex) limited by
materials considerations, as in chemical rockets.

In terms of the above parameters, the key advantages of D-3He fusion reactors in
general and the dipole in particular over the main alternatives, chemicals and nuclear
fission, are that

« D-3He fusion can achieve much higher values of the specific impulse.

» The specific power can surpass fission by an order of magnitude for high

specific impulse systems.

+ The thrust-to-weight ratio and exhaust velocity can be tuned over a wide range.

A comparison of fusion with chemical, nuclear thermal, and nuclear electric
propulsion systems is given in Fig. 11, where we compare these systems in terms of
specific impulse and thrust-to-weight. Chemical systems can generate the high thrust-to-
weight ratios necessary for launch from Earth to orbit. Nuclear thermal (fission) systems
can double the specific impulse at similar thrust-to-weight ratios and are, perhaps, well
suited for missions from low-Earth-orbit (LEO) to geosynchronous orbit (GEQO) or the
moon. Gas core thermal fission systems can reach higher temperatures and hence higher

specific impulses. Nuclear electric (fission) systems can reach very high specific impulses,
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but they suffer from a low thrust-to-weight ratio because of a low specific power due to the
need for thermal conversion of energy to electricity at relatively low efficiency and for a
consequently large radiator mass. They are generally considered for cargo missions to the
outer planets, because payload ratios can be large if long flight times are used. Figure 11
shows that fusion propulsion occupies a unique niche at high specific impulses and thrust-
to-weight ratios significantly greater than nuclear electric systems. In the remainder of this
section we will discuss how these capabilities would enable efficient human and cargo
transport throughout the solar system and beyond.

Finding the optimized low-thrust trajectory for a given mission remains an art rather
than a science. Nevertheless, useful rules of thumb exist, and we can also draw on
extensive calculations performed over the past 40 years (2). For example, as already noted,
in terms of the characteristic velocity the choice vex = v¢ / V2 approximately maximizes the
payload ratio with constant exhaust velocity (2). For a 3-month mission with a propulsion
system providing 1 kWnrs/kg, we find v = 125 km/s, corresponding to
Isp =~ 12,500 s and an average thrust-to-weight ratio of 10-3. As shown in Fig. 11, these
requirements match fusion well but, although the specific impulse is within the range of
nuclear electric propulsion, the specific power appears beyond the capabilities of such
systems. A more sophisticated analysis allowing variable thrust, illustrated in Fig. 12
(taken from Ref. 2), shows that for Mars missions the desirable range is vex = 102103 km
s~1 corresponding to /sp = 104-107 s.

By adding matter to the plasma exhaust stream, the specific impulse and thrust can
be traded off and are approximately inversely proportional to each other. In general, this
flexibility of fusion systems is most important for the shorter travel times desirable for
transport of humans. For cargo missions, where the main consideration is often having a
large payload fraction and long travel times are allowed, there is little performance

difference between constant and variable thrust.
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The capabilities of a D-3He dipole propulsion system for optimized Mars missions
are illustrated in Fig. 13, where the payload fraction is plotted versus round-trip time (2).
For comparison, a chemical propulsion system would follow a minimum-energy
(Hohmann) trajectory, with a one-way flight time of ~9 months and a payload fraction of
~0.33. Table II compares the dipole’s performance for missions to Mars, Jupiter, and Tau
(thousand astronomical units), where we have now returned to a simpler methodology,
using a constant exhaust velocity near the characteristic velocity, as explained in the
following paragraph. Solar gravity (6 x 10-3 m/s2 at Earth orbit) does not significantly
alter the present calculations. This analysis, although not fully optimized for fusion’s
flexibility in tailoring the thrust program, nevertheless indicates that a dipole fusion rocket
greatly enhances capabilities in the inner solar system and enables very long-range
missions.

For the present analysis, which follows Stuhlinger (2), we divide the rocket mass
into payload mass M1, propulsion system mass M\, and propellant mass Mp = Mt where
Mis the propellant mass flow rate and 7 is the total burn time for the mission. The
propulsion system mass, including the fusion power source and all systems required to
provide thrust, is conveniently parameterized by o = Py/My, where Py, is the total thrust
power. We assume constant exhaust velocity along the rocket’s direction of flight and
constant propellant flow rate. The initial rocket mass is My = M + My, + Mp. The
propellant exhaust velocity, vex, and the rocket terminal velocity, u, are normalized to the
characteristic velocity by v¥ = vex/ve = Vex /\EOTT and u* = ufv. = u /N 2at. The payload

ratio can then be written

U
e=e Vv (l—e ) - @7)

This equation, plotted in Fig. 14, has a maximum payload ratio for an exhaust velocity near

Vex = Ve /N2, and it serves as a useful guide in initially estimating T.

27



Thus, a D-3He dipole propulsion system permits efficient, large-scale missions
throughout the solar system. In particular, D-3He dipole propulsion or other fusion
propulsion systems with similar capabilities could support extensive research outposts on
Mars, in the asteroid belt, or in orbit around the gas giant planets. Such outposts—
analogous to Antarctic research bases—would greatly increase solar system knowledge and
would facilitate space development (1).

For all of the missions shown in Table II, the flight time could be further reduced if
the specific power of the fusion dipole propulsion system could be increased even beyond
the 1 kW/kg best values found for our example designs in Table I. Several factors
discussed in Section I1.D could yield an improvement, perhaps to specific powers of
10 kW/kg.

Even so, it seems likely that the dipole fusion propulsion system will not exceed a
specific power of 10 kW/kg. While this is 10 times our nominal case and 100 times better
than nuclear electric systems, it still falls short of stellar missions within a human lifetime.

At 10 kW/kg, the flight time even to the nearest star would require more than 100 years.

V. IMPLEMENTATION

We have shown that magnetic fusion offers an attractive solution to the problems of
space propulsion, especially for missions to the outer planets and beyond. The reasons for
this claim include the availability of a practically unlimited low-mass energy source (in
contrast to chemical rockets), and the simplicity of construction involving essentially no
moving parts, offering the possibility of long-term operation without human assistance.
This contrasts with the requirements for fission and even more so with the requirements for
inertial confinement fusion. The potential of fusion for space applications has been
discussed extensively by Schulze (19).

For the contemplated missions for space travel, especially those of long duration,

long-term operation with minimum maintenance is particularly important. The proposed
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dipole configuration is attractive for this application, because it involves no moving parts
except those needed for fuel injection and internal refrigeration. Sample parameters shown
in Table I suggest that specific powers of 1 kW/kg, at a specific impulse of up to

3 x 105 s are possible. The relatively open structure of the dipole should simplify in-flight
maintenance, which will rely on extensive use of robotics. Extensive experimentation is
required, however, to assess the feasibility of long-term expeditions, and to minimize cost.

Although the dipole is fundamentally a simple structure, detailed consideration must
be given to the design and construction of ancillary systems such as the internal cooling
system for the central conductor, the fuel system, the support coils, and the neutralizer.
The ultimate performance of the system will be very sensitive to the efficiency of the
neutralizer, and to the directionality of the output flow.

Maintenance and reliability are issues of paramount importance for deep space
missions. For example, it may be necessary to develop the technology to segment the
superconducting ring, to facilitate its repair in flight. Techniques for initiating the fusion
burn in the dipole configuration and for restarting it in mid-mission must also be
developed.

A further problem is the continued operation of automatic equipment for making
measurements and for appropriate communication. This must be accomplished by
apparatus that can survive operation in a high flux of energetic neutrons. The flux can be
minimized by shielding or by distance, but a practical and optimal solution to this problem
requires explicit proof.

Initial tests on the levitated dipole can be carried out in conventional laboratories.
Recently a new dipole experiment has been built at Columbia University in order to
investigate interchange instability and radial transport of plasma confined by a dipole
magnetic field (2Q). The above experiment’s vacuum chamber is 1.6 m in diameter, and
the mechanically supported dipole can reach a field strength of 2 T. In this experiment,

energetic electrons with energies up to 10 keV are created with electron cyclotron
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resonance heating. Depending upon the density of the cooler background plasma, the
energetic electrons will excite interchange instabilities. The onset of interchange
instabilities will be used to determine marginal stability boundaries, and measurements of
the radial diffusion of the energetic electrons will test models of collisionless particle
transport in dipole magnetic fields.

Most of the physics research and technology development required to perfect fusion
propulsion devices can be carried out in the laboratory. However, ultimately, a full-scale
test of fusion propulsion will be required. Fusion propulsion devices are large and heavy.
The dipole configurations described in Table I are comparable in size to a large fusion
power plant, produce gigawatts of fusion power, and produce significant fluxes of
energetic neutrons from the unavoidable D-D and D-T reactions. Conducting full-scale tests
of such propulsion devices on earth will be challenging.

The first major step in the space program proposed by U.S. President George Bush
is the establishment of a permanent lunar settlement. When such a lunar settlement is
established, it will provide an ideal location for proof-testing the dipole fusion rocket. The
lunar environment provides two of the immediate requirements for magnetic fusion:
vacuum and low temperature. If high-temperature superconductors are available, the need
for refrigeration 1s further reduced. (Note, however, that once the dipole starts operation,
due to neutron heating, the central coil will require cooling, independent of the surrounding
temperature.) An additional advantage of an established lunar settlement would be the
availability of an infrastructure and people to conduct experiments and to modify equipment
as required.

The low-gravity environment of the moon is an attractive place in which to
construct and test the dipole rocket. Large components can be handled more easily on the
lunar surface. Furthermore, as noted in Section I, the lunar soil is a potential source of the
3He fuel. Ultimately, when the prototype rocket is ready for flight testing, the lunar

surface will be an attractive base from which to launch it. Since the moon’s gravity is
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much less than that of Earth, the thrust needed to escape the moon is correspondingly less,
and the stresses induced during launch would be reduced accordingly. Thus the structure
of the rocket can be lighter and simpler if it is constructed for lunar launching.

It is likely that the first expedition outside the solar system, if ever accomplished,
will be powered by magnetic fusion. Sakharov, as a pionecr of the release of thermonuclear
energy in all its forms, deserves the distinction that the first vehicle passing Proxima

Centauri should be named “Andrei Sakharov.”
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Table I. Example parameters.

Reactor

R

a

B (conductor)

Current density

Ring surface temperature
Fusion power

Power available for thrust

Ring mass

Plasma

T (peak)
ne (peak)
NHe/MD

B (plasma)
B (peak)
Xi

Xo

X/ap
Pp/Prys

Pr/Piys

Thruster

Specific power a

Specific impulse

Case A

6.6 m

2.2 m
14T

25 MA/m?
2700 K
2500 MW
1500 MW
1720 Mg

70 keV

4 %1020 m-3
1

47 T

0.7

0.002 m?2s-1
1.0 m2s-1
0.1

0.3

0.03

0.4-0.8 kW/kg
10%s — 3 x 105s

Case B

6 m

2.0m
18T

48 MA/m?
2700 K
2000 MW
1250 MW
1180 Mg

70 keV

4 x 1020 m-3
1

50T

0.7

0.002 m2s-1
1.0 m2s-1
0.1

0.3

0.03

0.5-1.0 kW/kg
10%s — 3 x 105s
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Table II. Dipole performance for various missions.

Mars

One-way flight time, T (years)
Characteristic velocity (m/s)

Exhaust velocity (m/s)

Mass flow rate (kg/s)
Thrust (N)

Initial mass (kg)

Thrust system mass (kg)
Propellant mass (kg)

Payload mass (kg)
Payload ratio

Thrust power (MW)

0.25
1.3 % 105

1.0 x 103

0.25

2.5 x 104
5.0 x 106
1.25 x 106
2.0 x 106

1.8 x 106
0.35
1250

Jupiter Tau

1 20

2.5 x 105 1.1 x 106
1.8 x 103 6.7 x 105
0.081 0.0055
1.4 x 104 3.7 x 103
4.0 x 106 4.8 x 106
1.25 x 106 1.25 x 106
2.6 x 109 3.5 x 106
2.3 x 103 5.4 x 104
0.058 0.011
1250 1250
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FIGURE CAPTIONS

Figure 1.
Figure 2.
Figure 3.

Figure 4.

Figure 5.

Figure 6.

Figure 7.

Figure 8.

Figure 9.

Figure 10.

Figure 11.

Figure 12.

Figure 13.

Mission distance L versus flight time 1 for different ratios of thrust power to
mass of propulsion system.

Dipole reactor propulsion scheme.

Expanded cross-sectional view of magnetic tlux surfaces and plasma.

Detail of propellant feed and thruster.

Approximate profiles of magnetic field, beta, temperature (dashed line),
density, and plasma pressure (adapted from Ref. 5).

Power loss to the ring, as a percentage of the total thermonuclear power Py
for different temperatures as a function of the fuel mix nge/np. (Courtesy

S. A. Carpenter).

Power available for thrust, as a percentage of the total thermonuclear power
Prys for different temperatures as a function of the fuel mix nge/np. (Courtesy
S. A. Carpenter).

Various power losses to the ring, as a percentage of the total thermonuclear
power Ppys at T =70 keV as a function of the fuel mix nye/np. (Courtesy

S. A. Carpenter).

Ring design concept showing magnet, shield, and internal refrigeration
scheme.

Radial build of magnet and shield, for Case B, Table I. First wall is at the top,
axis at bottom. Masses are given for each layer at the right.

Comparison of D-3He fusion with chemical, nuclear thermal, and nuclear
electric propulsion systems.

Exhaust velocity variation on a 3-month transfer trajectory to Mars (based on
Stuhlinger, Ref. 3).

Earth—Mars payload fraction versus round-trip time..
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Figure 14. Payload fraction M| /M versus exhaust velocity v* (normalized to the
characteristic velocity vc) for various values of the total velocity change u*

(also normalized to vi).
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Figure 1. Mission distance L versus flight time 1 for different ratios of thrust power to

mass of propulsion system.
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